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A Vortex Method for the Study of Airplane-Missile
Aerodynamic Interference

H. T. YANG*
Hughes Aircraft Company, Canoga Park, Calif.

Within the slender body theory, a vortex method is developed for the study of aerodynamic
interference between a missile, in both captive and dropped positions, and the carrying air-
plane. In the crossflow plane, the airplane fuselage is approximated by a circle represented by
a doublet; the airplane wing, pylons, and the missile wing panels are represented by evenly
distributed vortices. The case of a cruciform missile carried underneath a vertical pylon or
dropped therefrom on each side of the airplane is considered. The normal force, side force,
and rolling moment on the missile are computed for a typical geometry. They agree with re-
sults obtained by electric analogy performed on conducting papers with cutouts identical to
the present model. Ways of improving the present method in the light of results obtained by
electric analogy, w ind tunnel, and flight test of actual configurations are indicated.

Nomenclature

a = radius of airplane fuselage, ft
b = radius of missile fuselage at the base, ft
Cy — side force coefficient, Y/(qS)
Cz = normal force coefficient, Z/(qS)
Ci = rolling moment coefficient, l/(qS 26)
d = airplane wing elevation, ft
e — horizontal pylon location from z axis, ft
/ = location of lower edge of pylon from y axis, f t
g = horizontal missile location from z axis, ft
It = vertical missile location from y axis, ft
/ = rolling moment, Ib-ft
L = length of missile, ft
Ar = number of vortices representing the airplane wing panel
P = number of vortices representing the pylon
q ~ dynamic pressure, %pmUZ) psf
Q = number of vortices representing each missile wing panel
S = cross-sectional area of the missile at the base, ft2

•s = semispan of airplane wing, ft
/ = semispan of missile wing, ft
U — forward velocity of missile, fps
v = velocity component along y axis, fps
w = velocity component along z axis, fps
X = complex cross-flow plane, y -f- iz
Y = side force, Ib
Z = normal force, Ib
a = angle of attack, rad
T = strength of circulation, f t 2 per sec-
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y — strength of vortex, f t2 per sec
poo = mass density of freest ream, slug/ft3

Subscripts
0 = uniform crossflow
1 = airplane fuselage
2 = airplane wing
3 = airplane pylon
4 = first quadrant wing panel of the missile on the right
5 = second quadrant
6 = third quadrant
7 = fourth quadrant

Introduction

THE steady, irrotational flow over slender configurations at
small angles of attack and of side slip may be treated by

the slender body theory.1"5 In essence, one deals with the
Laplace equation in the crossflow plane subject to the bound-
ary conditions on the body and far away from it. The va-
lidity of the theory is established by comparing results so ob-
tained with more exact theory and experiments. The method
of conformal mapping may be conveniently applied to simple
shapes, such as plane- and cruciform-wing and body combina-
tions. For complicated geometries, however, one does not
always find the desired conformal transformations and must,
therefore, resort to more approximate methods. One of these
is the vortex method, treated independently by Nielsen5 and
by Campbell.6'7 It was found8 that Campbell7s method is
better suited for digital machine computation.

In CampbelPs vortex method6 for wing-body interference,
the circular body is represented by a doublet in the uniform
crossflow, and the thin wing panels by a finite number of
evenly distributed discrete vortices. To maintain the shape
of the circle as well as the constancy of flow circulation, one
applies the method of images.9 For each vortex introduced,



592 H. T. YANG J. AIRCRAFT

the image system consists of a vortex of opposite strength
at the inverse point and a vortex of like strength at the center
of the circle. If the flow circulation was originally zero, then
the vortices at the center would cancel out. The no-flow
conditions across the wing at an equal number of control
points midway between two neighboring vortices determine
the strengths of the distributed vortices, from which the load-
ing is obtained. As a rule, the crossflow plane studied is at
the maximum span station. The normal force, side force, and
rolling moment on a pointed wing-body combination may be
obtained from the loading in the maximum span crossflow
plane. Campbell showed6 that, for simple plane-wing and
body combination, the vortex method converges from above
to the solution obtained by conformal mapping, as the number
of vortices increases.

The problem at hand is to find the aerodynamic loading,
forces, and moments of a missile, captive or dropped within
the interference field of the carrying airplane. The present
work extends Campbell's vortex method for wing-body inter-
ference to the study of airplane-missile interference. In the
crossflow plane, the airplane fuselage is approximated by a
circle represented by a doublet; the airplane wing, pylons,
and the missile wing panels are represented by evenly dis-
tributed vortices. To facilitate the application of image
method, the missile fuselage is replaced by its wings. This is
the lift carry-over assumption.5 Its effect will later be dis-
cussed. The case of a cruciform missile carried underneath
a vertical pylon or dropped therefrom on each side of the air-
plane is studied in detail. Computation is carried out in the
crossflow plane corresponding to the maximum span station
of the missile. From the strengths of the vortices, the aero-
dynamic loading on each of the wing panels is obtained. For
a pointed missile, its normal force, side force, and rolling
moment may be evaluated from the loading in this particular
crossflow plane. These results agree with those from electric
analogy performed on conducting papers with cutout exactly
as the mathematical model, namely, circular airplane fuse-
lage, infinitesimally thin wings and pylons, and vanishing
missile fuselage. Comparisons are also made with electric
analogy, wind tunnel, and flight tests conducted on practical
configurations, which form the basis of improving the present
method.

The determination of pitching moment and yawing moment
on the missile involves a series of computations like the
present one in a number of crossflow planes and then a
numerical integration along the missile axis. This tedious
computation has not been carried out. However, in view of
the wind-tunnel and flight test results mentioned in the next
section, no anomalous behavior is to be expected.

Assumptions

The basic assumptions introduced in the present work are
the following:

1) Slender body theory. The validity of slender body
theory is well established for slender wings, bodies, and wing-
body combinations. The theory shows the force and moment
coefficients do not depend on the Mach number and they vary
linearly with angles of attack. In connection with the
present airplane-missile interference problem, wind-tunnel
tests were conducted at the LTV 4-ft high-speed wind tunnel,
at Mach numbers 0.7, 0.9, 0.95, 1.05, 1.2, and 1.58. In addi-
tion flight tests were conducted in Southern California at
Mach numbers 0.4, 0.7, 0.8, 0.9, 1.1, 1.2, and 1.6. The data
on normal force, side force, rolling moment, and pitching
moment do show a linear dependence on angles of attack be-
tween — 2° and 10°. The slopes of these curves show little
dependence on Mach numbers. In other words, interfering
shock waves, if any, do not show any net effect on the gross
forces and moments, in the present range of Mach numbers
and angles of attack.

2) Neglect of flow separation. At moderately high angles
of attack, flow separates from slender wings, bodies, and
wing-body combinations. The normal force, for example, is
larger than that predicted by attached crossflow analysis.
The difference is attributed to nonlinear effects. In the tests
mentioned in the preceding paragraph, the resultant non-
linear effects simply do not show up in the airplane-missile
interference problem. In addition, a tuffed captive missile
was flown during the flight test. No appreciable flow separa-
tion was observed. The neglect of flow separation is there-
fore justified in the present analysis.

3) Replacement of missile body by wings. Aerodynami-
cally, this simplification amounts to the missile body providing
full lift carry-over.5 The error involved in such an approxi-
mation may be estimated by formulas developed for a free
missile consisting of triangular cruciform wings on a pointed
body. From Eq. (5-35) of Ref. 5, the ratio of lift coefficient
for the wing-body combination to that for the wing alone is,
in our present notation,

cz/czw = i - (b/ty + (b/ty
(l/a)CZw =

(i)

based on the cross-sectional area of the missile fuselage S =
7T&2. This ratio has a minimum value of -f- at b/t = (i)1/2.
In other words, the maximum error in assuming lift carry-
over is an overestimation of lift by 33%. For the missile
geometry considered in this paper, b/t — 0.409, the error is
only half that much, namely, 16%. It is conceivable that,
in the present analysis of airplane-missile interference, the
error introduced by assuming lift carry-over on the missile
would be of the same order of magnitude. A method is sug-
gested toward the end of the paper to remove this simplifica-
tion, together with other recommendations.

Flow Configuration and Complex Velocities

The airplane, together with its missiles in the crossflow
plane, is depicted in Fig. 1. The plane is designated

X = y + iz (2)

There are five aerodynamic components, whose complex
velocities will be written down in the notation of Glauert.10

0) Uniform crossflow Ua. U is the forward velocity of the
missile whose angle of attack a is small. The complex
velocity is

— IWQ = — iUa (3)

where v and w are the velocity components along y and z
axis, respectively.

1) The airplane fuselage approximated by a circular
cylinder of radius a is represented by a doublet situated at the
origin whose complex velocity is

- iwi = -iUaa*/X2 (4)

2) The airplane wing with elevation d and semispan s is
represented by TV evenly distributed vortices on either exposed
wing span. The location of y2th vortex of strength yh is

Xh = (a2 - d2)1/2 + y2[s - (a2 - d*)l/2]/N + id

J2=

(5)

The boundary condition on the circular fuselage is satisfied by
the method of images that consist of a vortex of strength — 7,-
at the inverse point

and a vortex of strength yh at the center of the circular
cylinder.9 The complex velocity due to the wing vortices on
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the left and right and the images inside the fuselage is
1 1

i
(X (X

" (X + Xh)

-^ 1

where 7y2 is positive, counterclockwise. Note that the
image vortices at the origin cancel each other due to sym-
metry.

3) Similarly, the pylon at a horizontal distance e from the
z axis with a length d — f is represented by P vortices at

Xh = e ' ~ d)/P]
(7)

The complex velocity due to pylon vortices and their images
takes the same form as Eq. (6), with the replacement of sub-
script 2 by subscript 3, and N by P.

4) The missile cruciform wing with semispan i is repre-
sented by Q vortices on each of the four panels. The location
of y4th vortex on the first quadrant wing panel on the right is

(8)

The complex velocity due to the vortices on the first quad-
rant panel on the right and those on the second quadrant on
the left take the same form as Eq. (6), with the replacement
of subscript 2 by subscript 4, and N by Q. The location of
the y5th vortex on the second quadrant panel on the right
missile is X,-& given by Eq. (8), with subscript 4 replaced by
subscript 5, and the plus sign of the second term by a minus
sign. The corresponding complex velocity takes the same
form as Eq. (6), with the replacement of subscript 2 by sub-
script 5, and A7" by Q. For the third quadrant, we replace in
Eq. (8) subscript 4 by subscript 6 and the plus signs of the
second term and that inside the square bracket by minus
signs, and in Eq. (6), subscript 2 by subscript 6, and N by Q.
Finally, for the fourth quadrant, replace in Eq. (8) subscript
4 by subscript 6 and the plus sign inside the square bracket by
a minus sign, and in Eq. (6), subscript 2 by subscript 7, and
N by Q. The resultant induced complex velocity at X = y +
iz due to all the distributed vortices and their images inside
the circular cylinder is

i(w2 + + (9)

5) The missile fuselage of radius b situated at (g, h). For
captive missiles, g = e, h = f. As discussed in assumption 3,
the missile fuselage will be replaced by its cruciform wings.

Boundary Conditions

The velocity potentials, from which the preceding velocity
components are derived for the uniform crossflow, doublet,
and vortices, satisfy the Laplace's equation in the crossflow
plane. By superposition, any linear combination of the
velocity potentials also satisfies the governing Laplace's
equation. It remains to satisfy the boundary conditions
through which the unknown strengths y's of the distributed
vortices are determined. The arbitrariness of the solution is
thus removed.

0) At infinity X -> oo . As can be seen from Eqs. (4)
and (6), all the velocity components due to the doublet and
vortices vanish at infinity. The crossflow there is uniform as
given by Eq. (3) .

1) On the fuselage, the boundary condition on the circu-
larly cylindrical fuselage is satisfied by the method of images
discussed following Eq. (5). The N + P + 4Q unknown

Fig. 1 Airplane-missile configuration in the crossflow
plane.

vortex strengths are determined by the boundary conditions
of no flow normal to the airplane wings, pylons, and the cruci-
form missile wings at N + P + 4Q control points midway
between two neighboring vortices.

2) On the wing, the control points are located at

Xk2 = (a2 - + (fe - i) X [s - (a2 d*)"*]/N + id
(10)

The no-flow boundary condition is

t^o — iwQ + v i — iwi '+ v — iw = 0

Using Eqs. (3) and (4), we have

w(X£ = -Ua[l +
(11)

(12)

(13)

4) On the cruciform missile wing, the control points for the
first quadrant wing panels of the missile on the right are at

3) On the pylon, the control points are at

Xks = e + i[d + (&3 - i)(/ - d)/P]

k3 = 1,...,P

The no-flow boundary condition across becomes

v(Xkt) =

(14)
The no-flow boundary conditions normal to the cruciform
wing panel are

Im{ [(VQ - iwo) + (vi - iwi) + (v - iw)] exp[i(?r/4)]} = 0

With Eqs. (3) and (4), the preceding equation becomes

k,) = Ua[l + am(i/Xk?) + a^Im(i/X^)]
(15)

The location of the control points in the second, third, and
fourth quadrants are, respectively,

* = g T (h ± (kt -

= 1.....Q
(16)
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y4 \Im(Xj< - (21)

Fig. 2 Load distribution on airplane and captive missile.

The corresponding boundary conditions are, respectively,

Ua[± (17)

Equations (11, 13, 15, and 17) constitute N + P + 4Q
simultaneous linear algebraic equations to be solved for TV +
P + 4Q unknown vortex strengths y's. In other words, the
solution of the linear partial differential equation of Laplace
with complicated boundaries reduces to the solution of a sys-
tem of linear algebraic equations. In the case of wing-body
combination, it is shown that6 the present scheme approaches
the known exact solution1-5 from above when the number of
vortices on the wing, N, increases without limit. Conceiv-
ably, in the present computation, the accuracy of the results
will be improved by increasing N, P, and Q. Since there are
three integers N, P, and Q in the present airplane-missile in-
terference instead of one integer N in the wing-body inter-
ference, care must be exercised in increasing N, P, and Q.
It is recommended that the integers N, P, and Q be in pro-
portion to the airplane exposed semispan, pylon height, and
the missile cruciform wing semispan. Symbolically

N:P:Q « [s - (a2 - d2)1'2]:^ - f):t (18)
In this way, we shrink uniformly the cell size in the NPQ
space by increasing N, P, and Q proportionally.

Once the strengths of the vortices are known, the loading,
forces, and moments may readily be evaluated. Of particu-
lar interest are these quantities on the missile, for which de-
tailed expressions will be given in the next section.

Aerodynamic Loading, Normal Force,
Side Force, and Rolling Moment on the Missile

The load distribution for the first quadrant wing panel of
the missile on the right is

1 < J4 < Q (19)

To calculate total forces for a pointed slender body, one only
needs the crossflow at the maximum span station which in the
present case is the base.5 Applying the theorem of Kutta and
Joukowski, we get the normal force and side force on the
panel,6-7

(20)

where

Xy4-1=0 = g + ih (22)

This theorem is valid in the linearized theory of two-dimen-
sional subsonic and supersonic flows, where the pressure co-
efficient is equal to —2 times the perturbation velocity in
the freestream direction, divided by the freestream velocity.
The lift, which is a result of pressure difference between the
lower and upper surfaces of the airfoil, will then be equal to
the product of freestream density and velocity, and the circu-
lation around the airfoil. The rolling moment exerted by
this panel about the axis is

\X»-i ~ Xo\) (23)

The corresponding quantities in the second, third, and
fourth quadrant are, respectively,

Q
r* = Z 7« 1 < j* < Q (24)

6 JS=1 6

,, \m (xit - x,-,_o| (25)

F5 = T pJJ £ r,, \Im(Xi. - AVOI (26)
6 + .76=1 6 6 6

r,§ \xn - x»-!\ x
6 6 6

(\\Xn - X,^\ + \Xh - X,\) (27)

The resultant normal force, side force, and rolling moment
about the axis of the missile on the right are

z = z, + z, + z, + z7
Y = F4 + F5 + F6 + Yi (28)

The sign convention is that the forces are positive along the
positive axis directions and the rolling moment is positive,
top inboard. In terms of coefficients, one has

CZ/CL = Z/(aqS~)

CY/a = Y/(aqS)

d/a = l/(aqS2b)

(29)

The foregoing equations have been programmed for an
electronic digital computer IBM 7094.

To obtain the pitching moment m and yawing moment n,
we make use of Eq. (3-65) of Ref . 5,

m - in = iL[Y(L) + iZ(L)] ~

[Y(X) + iZ(X)]dX (30)

Here L is the length of the missile. Y(L) and Z(L) are the
normal force and side force acting on the missile which have
already been found. To evaluate the second term, one has
to find the normal force Y(X) and side force Z(X) in a number
of crossflow planes and perform a numerical integration along
the missile axis. The laborious computation in a series of
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Table 1 Force and moment coefficients dependence on
number of vortices

N (l/a)C8

1
7

13
20
26
33

1
2
4
6
8
9

1
1
2
3
4
5

3.53
6.30
5.33
5.02
4.86
4.77

6.37
7.75
6.72
6.38
6.19
6.08

6.17
11.45
9.24
8.40
8.07
7.86

crossflow planes like the present one has not been carried
out. In view of the wind-tunnel and flight test data men-
tioned previously, a linear dependence of the pitching and
yawing moment coefficients on the angle of attack is to be
expected.

Illustrative Example

A typical case of airplane-missile interference is computed
for the following data: s - 11.52, a - 3.75, b = 0.5625, d =
-2.75, g = e = 6.79, / - -5.339, t = 1.375, all in feet;
U = 1;039 fps, q = 700 psf. The cases of missile in captive
and dropped positions and by itself were worked out.

For the missile in captive, h = f = —5.339 ft. We first
computed by hand the approximation N = 1, P = 1, and
Q = 1, resulting in six simultaneous equations, which checked
out the machine computation. According to Eq. (18), the
recommended ratio isN:P:Q = 6.52:1.88:1. The computed
results, improving as the number of vortices increases, are
summarized in Table 1.

As can be seen, the results converge from above as the num-
ber of vortices increases. Hereafter, we shall use Q — 5,
which yields results within 3% of Q = 4. The detailed load
distribution on the cruciform missile wing panels as wrell as
that on the airplane wing and pylon is shown in Fig. 2, for
Q = 5. The loading on the missile is not symmetric due to
interference with the airplane. When the missile is by itself,
the loading is symmetric as shown in Fig. 3. The load on the
missile is transmitted to the pylon, by adding the strengths of
missile vortices to those of the pylon vortices. Basically, the
missile vortex and its image in the airplane fuselage form a
bound vortex by going through the pylon and the airplane
wing. By this very mechanism, the loading on the missile
and that on the pylon are transmitted to the airplane wing.
As a result, there is a jump in the airplane wing loading across
the pylon location.

Table 2 Comparison of vortex method with other methods

Vortex method 1
Electric analogy 1
Electric analogy 2
Wind tunnel 2
Flight test 2

Vortex method 1
Electric analogy 1
Electric analogy 2

4.77
4.37
5.71
6.7
6.6

6.316
6.321
6.6

Captive
6.08
6.09

15.3
14.8
11

1.25-ft drop
9.21
9.71
9.9

7.86
7.42
7.7
6.1
4.1

1.974
0.309
0.268

Vortex method" 1 13.21
Electric analogy 1 12.72
Slender body theory 1 11.95
Electric analogy 2 10.31
Slender body theory 2 10.29
Wind tunnel 2 10.9

Missile by itself
0.00000
0
0
0
0
0

0.00019
0
0
0
0
0

Fig. 3 Load distribution on airplane and missile dropped
vertically 104 ft.

One of the dropped positions studied is at 1.25 ft. Here
h = —6.589 ft. The load distribution is shown in Fig. 4.
Due to interference with the airplane, the missile loading is
again unsymmetric. This load is not transmitted to the
pylon because they are not connected. The pylon load
is appreciable due to interference and is transmitted to
the airplane wing to cause a jump in loading. Note that
the circulation around the missile is 0.036 Uas, rather
than zero as it should be. If the missile fuselage were not
neglected, as in assumption 3, the image vortices inside it
would cancel all the vortices distributed along the wing-
panels. Summarized in Table 2 are the force and moment
coefficients.

The missile alone case is simulated by a vertical drop of
104 ft; thus h = -10,005.339 ft. The load distribution is
shown in Fig. 3, and it is approximately elliptic on all compo-
nents. The circulation around the missile is 3 X 10 ~6 Vas,
practically zero. Note that the loading on the vertical pylon
is very small. The force and moment coefficients are sum-
marized in Table 2. As a check, the loading on the wing
and the pylon agree with the captive case when the number
of vortices on each missile panel is set equal to zero, i.e.,
Q = 0.

The loading on the airplane wing and pylon and on the
missile panels agrees with those of electric analogy results of
case 1 (identical geometry), which are plotted as dashed lines
in Fig. 2.

1 Simulated by a vertical drop of 104 ft.
Fig. 4 Load distribution on airplane and missile dropped

vertically 1.25 ft.
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Comparison with Other Methods

The airplane-missile interference problem has been studied
not only by the present vortex method, but also by the
methods of electric analogy, wind tunnel, and flight test.
The comparison of these methods is summarized in Table 2.
The numeral 1 after the method designates the simple mathe-
matical model of Fig. 1 with dimensions given in the last
section. Numeral 2 refers to scale cutout in electric analogy,
scale model in wind tunnel of the full-size actual vehicles in
the flight test.

From Table 2, the following observations may be made:
1) Captive missile. The comparison between the present

vortex method and electric analogy 1 is very satisfactory. It
is to be expected, because both methods solve Laplace's equa-
tion for the same boundary conditions. Electric analogy 2
and wind tunnel 2 agree fairly well, which once more justifies
the assumptions 1 and 2. The side forces are higher by both
methods. It is to be remembered that the edge effect of the
conducting paper and the wind-tunnel wall effect are present.
In electric analogy 1, the correction for edge effects can be
readily made because of its simple geometry. The scatter of
the flight test 2 data is about 10%. For captive flight, the
vortex method yields the lower limit of the normal force and
the side force and the upper limit of the rolling moment.
Here the vortex method should be used together with the
electric analogy method 2. Of course wind-tunnel and par-
ticularly flight tests are desirable, but they are very expen-
sive to run.

2) Trajectory position. It is interesting to note here that
the detailed geometry does not matter much in the electric
analogy. This is because the missile is away from the air-
plane, whose fuselage may be approximated by an equivalent
circle, so far as the net effect on the missile is concerned. The
vortex method, therefore, agrees with the electric analogy
except for the rolling moment. This is due to the nonvanish-
ing circulation around the missile mentioned in the last sec-
tion. It is difficult to obtain the normal force, side force,
and rolling moment coefficients slopes from wind-tunnel data
at this position. The flight test data for such positions have
not been attempted. The utility of the vortex method as well
as of electric analogy lies here. Between the two, the vortex
method yields results very readily once it is programmed.
The electric analogy requires repetitious measurements for each
configuration.

3) Free missile. Here the different methods yield es-
sentially the same result. In other words, the wing-body in-
terference of a missile within the slender body theory causes
no particular problem. The airplane-missile interference
still warrants much study. It is gratifying to note that the
vortex method recovers the free missile as a limiting case.
We also note the slender body theory results are obtainable
from Eq. (1). For the present geometry, b/t = 0.409

Cz/Czw = 0.8607
(l/a)Czw = 11.95

(l/a)Cz = 10.29
The Q = 5 approximation in the vortex method overestimates
Czw by 10% and gives practically zero side force and rolling
moment as it should.

Conclusion and Discussion

A vortex method is developed, within the linear slender
body theory, for the missile in captive or dropped positions in
the interference field of the airplane. The aerodynamic load-
ing, normal force, side force, and rolling moment on the mis-
sile are computed in detail for a typical geometry. The re-
sults so obtained are compared with those from electric
analogy, wind tunnel, and flight test. For the missile in
captive position, the present method serves as an aid in the

analysis of complicated installations. For the missile in tra-
jectory position, the present method is a useful tool by itself,
except it overestimates the rolling moment somewhat.
Finally, the vortex method recovers the results for free missile
as a limiting case.

The vortex method in the present form is an initial step in
the analysis of the complicated problem of airplane-missile
interference. Improvement can certainly be made in the
following directions :

1) The effect of compressibility and nonslender body.
In reducing the three-dimensional perturbation potential
equation to the two-dimensional Laplace's equation, the as-
sumption is made that

where M^ is the freestream Mach number and 2t/L is the
fineness ratio of the body. The accuracy of the theory may
be improved by expanding the velocity potential in powers of
the ratio

\MJ - 1 [(20 2/^2l
This has been done for simple shapes in Refs. 4, 11, and 12.
The same correction may be made here. However, in view of
the test results mentioned, this effect may be ignored.

2) The nonlinear effect of separated flow. This nonlinear
effect is very important for wings, bodies, and wing-body
combinations such as missiles. Various methods of analysis
have been developed. See, for instance, Ref. 13. Again as
shown in the test results, the nonlinear effect in the airplane-
missile interference problem is not as important. This is so
for the present configuration at angles of attack between —2°
to 10° and Mach number up to 1.6, for which the present vor-
tex method is intended.

3) The effect of the missile fuselage. The third assump-
tion may be removed by applying the circle theorem of
Milne-Thomson.9 One finds the complex potential f(X) for
the flowfield outside the missile fuselage which is neglected
first. Then introduce the circular missile fuselage of radius
b. According to the circle theorem, the resultant complex
potential is/CX") + f(b2/X), from which the complex velocity
may be found. The analysis then continues the same way as
in the preceding. The correction thus obtained may be a
minor one, but it will yield better results for rolling moment.

4) The general shape of the airplane. With the restoration
of the missile fuselage in the analysis, the missile is accurately
described. The airplane fuselage is, in general, not exactly
circular, and the wings and pylons have thicknesses. To
study the general shape of the airplane, there are conformal
transformations14'15 available to transform it into a circle.
These are numerical in nature and tedious to carry out.
This correction will improve the results for the missile in the
captive position, but not by much in the trajectory position.

5) Unsymmetric load. The unsymmetric loading condi-
tion may develop when one missile is in the trajectory posi-
tion, while the other is in captive. The vortex method
handles the unsymmetric load with ease. The present author
has obtained the load distribution on unsymmetric wing body
combinations by both the analytical method and the vortex
method. The vortex result again converges to the exact
solution from above. In the present configuration, special
care must be taken of the nonvanishing image vortices at the
center of the circle8 approximating the airplane fuselage.
The interference between the missile on one side or the air-
plane and the missile on the other side is not as important as
the interference between the airplane and the missile. The
reason is that the missiles are relatively small in size and far
away from each other. In the flight test mentioned previously
both symmetric and unsymmetric installations of the missile
were flown, and no significant difference in missile loads were
recorded. In fact, this confirms the philosophy in the wind-
tunnel test with the missile model installed only on one side of
the airplane model.
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6) More complicated configurations. The present vortex
method has been extended to more complicated configura-
tions. One of them involves as many as four missile-launch-
ers on a vertical pylon (two on each side of the pylon), and the
other has two vertical pylon-missile combinations on each
side of the airplane.
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Review of Methods for Predicting the Aerodynamic
Characteristics of Parawings

MICHAEL R, MENDENHALL,* SELDEN B. SPANGLER^ AND JACK N. NIELSEN{
Nielsen Engineering & Research Inc., Polo Alto, Calif.

A review is made of methods for predicting trie aerodynamic characteristics of one- and two-
lobed conical parawings and all-flexible parawings, with emphasis on the low-speed character-
istics of conical two-lobed parawings. Methods are reviewed and compared for predicting
canopy shape and parawing lift, drag, and pitching moment. A discussion is given of the ef-
fects of leading-edge booms on the aerodynamic characteristics. Comparison is made be-
tween experiment and prediction for flexible parawings and rigid wings of parawing shape.

Nomenclature
aspect ratio, bz/S
span of wing
local chord
section drag coefficient, based on local chord
section lift coefficient, based on local chord
section lift-curve slope, per rad
maximum section l if t coefficient
root chord
wing drag coefficient, based on planform area S
wing-indnced drag coefficient, based on planform area

S
wing lift coefficient, based on planform area S
wing lift-curve slope, dC' L/da, per rad
wing pitching-moment coefficient, based on planform

area S, and mean aerodynamic chord
wing moment-curve slope, dCm/day per rad
wing pitching-moment coefficient at zero wing lift
diameter of leading-edge boom
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/ = maximum ordinate of camber section
I = projected trailing-edge length of inflated parawing

measured in planform
value of I for uninflated planform
canopy trailing-edge length of inflated triangular

parawing
q = freestream dynamic pressure
s = semispan
S = wing planform area, inflated
T = spanwise tension per unit chord
x, y, z — wing axes, Fig. 1
oi = angle of attack
«o = angle of attack for zero lift
on = luffing angle of attack
e = semiapex angle of inflated planform
X = tension parameter, Eq. (1)
A = sweep angle of leading edge of inflated planform
|8 = half of angle subtended at cone axis by a parawing

lobe lying on the surface of a circular cone; a half-
cone corresponds to /8 = 90°

AA = difference in sweep angle of leading edge between in-
flated and uninflated states

Subscripts
M = value given by Multhopp method
W = value given by Weissinger method


